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Force and moment, surface pressure, model deformation, and surface flow visualization data 
have been obtained at Reynolds numbers of both 3 million and 5 million. Flow-through 
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Reynolds number effects on trailing edge separation have been assessed, and the 
effectiveness of the side-of-body fairing in eliminating a known region of separated flow has 
been determined. Data obtained at a Reynolds number of 3 million are presented together 
for comparison with data from a previous wind tunnel investigation in the ONERA S2MA 
facility. New surface flow visualization capabilities have also been successfully explored and 
demonstrated in the NTF for the high pressure and moderately low temperature conditions 
required in this investigation. Images detailing wing surface flow characteristics are 
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distance in z direction from wing leading edge to nacelle upper trailing edge, in 
angle of attack, deg 
fraction of wing semi-span 

angular location of nacelle pressure orifices, 0 is at top, deg 


I. Introduction 

In an effort to assess the state of the art in computational fluid dynamics (CFD) drag prediction, the AIAA 
Applied Aerodynamics Technical Committee has initiated a series of Drag Prediction Workshops. The goal of the 
workshops is to assess state-of-the-art computational methods as practical aerodynamic tools for aircraft force and 
moment prediction of industry relevant geometries, with the focus being on drag prediction. Furthermore, the Drag 
Prediction Workshop (DPW) is designed to serve as an impartial forum for evaluating the effectiveness of existing 
computational Navier-Stokes solvers and modeling techniques. In addition, the DPW forum is intended to promote 
an open discussion on areas needing additional research and development. In order to encourage the widest 
participation, public-domain subject geometries have been used that are industry-re levant, yet simple enough to 
permit high-fidelity computations. Additionally, baseline grids have been provided with the intent of reducing the 
variability of CFD results. 

The first drag prediction workshop 1,2 (DPW-I), held in June of 2001, was directed at the calculation of a 
wing/body commercial transport configuration, known as the DLR-F4 3,4 . Previously obtained experimental data 
were available to compare to for this first workshop. Predictions of a cruise polar and the drag rise were the focus. 
The second drag prediction workshop 5,6 (DPW-II), held in June of 2003, added the challenge of determining the 
increment due to adding a large component, in this case a pylon/nacelle. The DLR-F6 configuration 5,7 was used for 
this study. Once again, experimental data were available to compare to. The third drag prediction workshop 8,9 
(DPW-III), held in June of 2006, added the challenge of determining the increment due to adding a small 
component, in this case a wing/body fairing. However for this workshop, the calculations were conducted “blind” 
with no experimental data available to compare to. It is these “blind” calculations that draw the connection between 
the third drag prediction workshop and the current experimental investigation. The force and moment, surface 
pressure, model deformation, and surface flow visualization data obtained in an NTF wind tunnel investigation on 
the DLR-F6 configuration and the results presented in this paper serve as the validation data for the calculations 
presented in the DPW-III. 


II. Experimental Approach 


A. Facility Description 

The NTF 10 is a unique national facility (Fig. 1) that enables testing of aircraft configurations at conditions 
ranging from subsonic to low supersonic speeds at Reynolds numbers up to full-scale flight values. The NTF is a 
conventional, closed-circuit, continuous-flow, fan-driven wind tunnel (Fig. 2) capable of operating in either dry air 
at warm temperatures or nitrogen from warm to cryogenic temperatures. Elevated pressures in combination with 
cryogenic temperatures enable testing to the highest Reynolds numbers. The test section is 8.2 by 8.2 by 25 ft and 
has a slotted floor and ceiling. In addition, turbulence is reduced by four damping screens in the settling chamber 
and a contraction ratio of 14.95-to-l from the settling chamber to the nozzle throat. Fan-noise effects are minimized 
by acoustic treatment both upstream and downstream of the fan. Thermal insulation resides inside the pressure shell 
to aid in maintaining tunnel temperature and thus minimize energy consumption. 

The NTF has an operating pressure range of approximately 15 to 125 psia, a temperature range of -260 to 
+120°F, and a Mach number range of 0.2 to 1.2. The maximum Reynolds number per foot is 146 x 10 6 at Mach 1. 
When the tunnel is operated cryogenically, heat is removed by the evaporation of liquid nitrogen, which is sprayed 
into the tunnel circuit upstream of the fan. During this operational mode, venting is necessary to maintain a constant 
total pressure. When air is the test gas, heat is removed from the system by a water-cooled heat exchanger at the 
upstream end of the settling chamber. Further tunnel details and facility information are provided in Ref. 11. 
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B. Model Description 

The wind tunnel model used in the current investigation was a refurbished DLR-F6 model. This configuration, 
representative of a modern, twin-engine, transport aircraft, is a transonic speed, wing-body design derived from the 
earlier DLR-F4 configuration 4 . The DLR-F6 model was originally built in the 1980’s and subsequently tested in 
several investigations at the French ONERA S2MA wind tunnel. The DLR-F6 is designed for a cruise Mach 
number of = 0.75 and a corresponding design lift coefficient of C L = 0.5. A three-view sketch of the model 
showing the overall dimensions is given in Fig. 3. The aspect ratio is 9.5, the leading edge sweep angle is 27.1°, the 
wing reference area (S) is 1.565 ft 2 , the wing span (b) is 46.1 14 inches, and the mean aerodynamic chord (c) is 5.559 
inches. The model moment reference center is located 19.878 inches back from the fuselage nose and 1.336 inches 
below the fuselage centerline. The DLR-F6 model originally consisted of a glass fiber reinforced polymer fuselage 
and a pair of steel wings both of which are bolted to an internal steel balance block. In addition, the DLR-F6 model 
can be equipped with several different types of flow-through nacelles with 3 different mounting positions. The 
nacelles chosen for the NTF tests are CFM-type long duct nacelles mounted at position 1 as identified in Ref. 12. 
The nacelles and pylons are both made of aluminum. The nacelle position is characterized by a distance in the x 
(positive is streamwise) and z (positive is up) directions between the wing leading edge and the nacelle upper 
trailing edge (x TE , z TE ) in relation to the local wing chord length (e Nac ) respectively. Position 1 is represented by x TE 
/ e Nac = 0.49 and z TE / e Nac = -0.189 with e Nac = 5.260 inches. Pressure distributions are measured on the right wing 
by 288 pressure orifices located in 8 span-wise wing sections (rj = 0.150, 0.238, 0.331, 0.377, 0.409, 0.512, 0.635 
and 0.844), on the left nacelle by 47 orifices in 3 radial sections (cp = 60°, 180° and 300°), and on the left pylon by 
orifices in 9 locations. All pressure measurements were made using Electronically Scanned Pressure (ESP) modules 
mounted inside the forward portion of the fuselage. Based on quoted accuracies from the ESP module 
manufacturer, surface pressure measurements should be in error by no more than +/- 0.015 psi. This in turn would 
correspond to a variation of no more than +/- 0.0026 in terms of C p . The model is mounted in the wind tunnel using 
a blade sting arrangement as illustrated in Fig. 3. A photograph of the DLR-F6 model as it was mounted in the test 
section of the NTF is presented in Fig. 4. 

The original DLR-F6 model was designed for atmospheric test conditions and had been previously tested up to a 
Reynolds number of 3 million based on mean aerodynamic chord. The current investigation however, called for 
testing at both 3 and 5 million Reynolds number. This increased Reynolds number would require either increasing 
the total pressure or decreasing the total temperature or a combination of both. The DLR-F6 model is not capable of 
withstanding full cryogenic low temperature conditions, therefore increased pressurization was initially viewed as 
the more favorable process to provide the desired Reynolds number increase during the NTF test. 

Due to the fact that the increased aerodynamic loads resulting from an increased total pressure were expected to 
exceed the design limits of the original model, it had to be determined to what extent the model could withstand the 
corresponding increased dynamic loads. In addition, the stress safety factors as defined by the test facility had to be 
maintained. Thus in order to properly address these issues, DLR performed a load and stress analysis using fluid- 
structure coupled simulations on the original wing. A considerable reduction of stress levels and wing deformation 
was found in comparison to a preliminary conventional analysis using aerodynamic loads from the undeformed 
model geometry. Structural loads further decreased with either a reduction of ambient temperature, Reynolds 
number or lift coefficient with all other conditions remaining the same. Lowering the tunnel temperature was found 
to yield the largest structural loads reduction while maintaining the desired test Reynolds number of 5 million 13 . 

During initial model preparations, DLR refurbished the DLR-F6 model in order to account for the increased 
aerodynamic forces and the resulting structural loads. A new fuselage consisting of two half-shells made of 10 layer 
carbon fiber reinforced polymer (CFRP) was designed and manufactured. Aluminum attachment brackets securely 
bonded to the inside of the fuselage skins were used to attach the half-shells to the balance block. On top of the left 
half-shell, 8 pressure orifices were installed near the centerline. Each half-shell had a cutout in the region of the 
wing-fuselage junction and in the region of the blade sting interface to incorporate inserts. The new fuselage was 
equipped with two interchangeable sets of inserts made of carbon fiber composite to be positioned at the wing- 
fuselage junction. One set had the shape of the original DLR-F6 cylindrical fuselage and the other had the shape of 
the FX2B fairing 14 (Fig. 5) (this is the wing/body fairing analyzed in the third drag prediction workshop). Each set 
of inserts consisted of 4 parts (upper/lower, left/right). On each set, pressure orifices were installed on the upper 
inserts in the region of the wing-fuselage flow separation, 10 on the left side and 4 on the right side of the model. A 
change from the configuration without the fairing to the configuration with the FX2B side-of-body fairing was done 
easily by exchanging the set of inserts. 

In addition to the new model components just described, NASA had a new blade sting designed and built for the 
installation of the DLR-F6 model in the NTF. Not only did this blade sting provide the proper interface between 
NASA’s NTF-104B strain gauge balance and the NTF arc sector model support structure, it also was designed to 

3 

American Institute of Aeronautics and Astronautics 

092407 



match as closely as possible the blade sting used in the previous tests in the ONERA S2MA wind tunnel. Due to the 
higher load requirements for the NTF test, the blade on the new NASA sting was approximately 1 .3 inches longer, 
in the streamwise direction, and approximately one-eighth inch wider (at the location where it enters the fuselage). 
A new balance block was built by DLR to provide the appropriate interface for the balance and the fuselage 
attachment components. Based on the results of a finite- elements analysis, the junction between both wings and the 
balance block was reinforced. A set of sting blade inserts made of carbon fiber composite and shaped close to the 
surface of the NTF sting blade was prepared by DFR. During the final test preparation at the NTF, the gap between 
the fuselage inserts and the sting blade was carefully sealed by use of a small custom-made glass fiber fabric seal. 
Special care was taken to ensure the gap was sealed without creating any forces between the non-metric sting blade 
and the metric fuselage inserts. An illustration of the main components of the DFR-F6 model as it was mounted to 
the new NTF sting is presented in Fig. 6. 

C. Test Conditions 

The investigation, conducted over a 4-week period, provided force and moment, surface pressure, model 
deformation, and surface flow visualization data. Testing was conducted at 3 million Reynolds number in order to 
compare with previously existing data and also at 5 million Reynolds number such that an assessment of Reynolds 
number effects could be made (albeit over a small range). All Reynolds number values presented in this paper are 
based on mean aerodynamic chord. Due to strength limitations of the model and the requirement to obtain data at an 
increased Reynolds number of 5 million, all testing was conducted at a freestream total temperature of 40°F in 
nitrogen gas. Testing at this moderately reduced temperature allowed for a 5 million Reynolds number condition 
without requiring a dynamic pressure that would have exceeded model strength limitations. 

All data presented in this paper were obtained at a freestream Mach number of 0.75. Data were generally 
obtained over an angle-of-attack range from -4° to +2° at 3 million Reynolds number and from -4° to +1° at 5 
million Reynolds number. The reduced angle-of-attack range at 5 million Reynolds number was required such that 
safe model stress levels would not be exceeded. Flow angularity measurements were made and upflow corrections 
ranging from 0.15° to 0.185° were applied to the final data. Classical wall corrections accounting for model 
blockage, wake blockage, tunnel buoyancy, and lift interference have been applied according to the methods 
presented in Ref. 15. Testing on the Wing/Body/Nacelle/Pylon configuration was conducted at a Reynolds number 
of 3 million only. However, data were obtained at both 3 and 5 million Reynolds number for both the Wing/Body 
and Wing/Body /Fairing configurations. 

In order to ensure a consistent and repeatable transition from laminar to turbulent flow and to support the goal of 
the wind tunnel data being used for CFD validation purposes, it was important to apply a proven and reliable method 
to fix transition on the model. Vinyl adhesive trip dots measuring 0.05 inches in diameter and spaced 0.1 inches 
apart (center to center) have been applied routinely on models at the NTF for flow transition and were used for the 
current investigation. A trip dot height of 0.0040 inches was used on the model for all testing conducted at 3 million 
Reynolds number. These trip dots were applied at the nose of the fuselage and on both the upper and lower surfaces 
of the wings at the same locations as illustrated in Ref. 4. When the nacelles were on the model, trip dots were 
located 0.47 inches back from the leading edge on the outer surface and 0.59 inches back from the leading edge on 
the inner surface. This trip dot application arrangement was used because it was the same as that used when the 
DFR-F6 model was previously tested at 3 million Reynolds number at the ONERA S2MA wind tunnel. When 
testing at a Reynolds number of 5 million, the trip dots on the wing were changed to a height of 0.0031 inches and 
were located at 10-percent of the local chord back from the leading edge on the trapezoidal wing planform. 
Effectiveness of the transition application was confirmed at both Reynolds numbers by conducting an initial run 
with the trip dot region covered with a sublimating chemical coating. An initial sublimation of the coating off the 
model surface just downstream of the trip dots confirmed the desired transition of the flow from laminar to 
turbulent. 

A surface oil flow visualization technique was also used in the investigation to effectively provide additional 
detailed insight into the flowfield over the model surface. After experimenting with several different levels of oil 
viscosity, different fluorescent dye mixtures, and various camera and flash adjustments, an effective surface flow 
visualization capability was developed for the test conditions of interest. The somewhat non-standard test 
temperature of 40°F added to the challenge of the development effort. A mixture of oil and fluorescent dye was 
applied with a paintbrush in a very light coating over the entire upper surface of the non-pressure-instrumented (left) 
wing, and then the tunnel test condition was set as quickly as possible. Multiple video images were captured from 
cameras mounted in the tunnel wall and ceiling. A longtime reluctance to introducing surface oil flow visualization 
to the NTF had been the standard philosophy due to the concern that any oil leaving the model surface could have 
detrimental effects should it be absorbed into the interior tunnel insulation and later come loose in solid form during 

4 

American Institute of Aeronautics and Astronautics 

092407 



subsequent cryogenic operations. In order to reduce this concern, oil was used sparingly and a thorough tunnel 
cleaning, aided due to the fluorescence of the oil, was conducted after the investigation was complete. An additional 
benefit to the cleanup process was the fact that any residual oil that left the model tended to stay on the centerline of 
the tunnel circuit and collect on turning vanes, nitrogen injectors, or the upstream portion of the drive fan nacelle 
and not on the insulation on the interior walls. As a result of this successful flow visualization portion of the test, 
the NTF can now offer a surface oil flow visualization capability to future clients. 

Another important set of data obtained in this investigation was model deformation measurements. Since an 
effective correlation of computational and experimental data will be directly tied to how well the computational and 
experimental model geometries match one another, it is important to obtain an accurate definition of the model 
geometry as tested under aerodynamic loads. In order to obtain this information a video model deformation 
measurement technique 16 has been developed and employed multiple times at the NTF. This system was used in the 
current investigation to obtain wing deflection and twist measurements due to aerodynamic loading. The results 
obtained from these measurements are presented in Ref. 17. 


III. Results and Discussion 
A. Comparison of NTF and ONERA Data 

One of the goals of the current investigation was to obtain data in the NTF at the same conditions as data 
previously obtained with the DLR-F6 model in the ONERA S2MA wind tunnel. Data at these conditions, = 
0.75 and Rc = 3 million, were obtained at the NTF and are presented for comparison with the ONERA data 18 in Fig. 
7 for the Wing/Body configuration. When comparing the longitudinal aerodynamic data, a reasonably good 
agreement is observed, however some differences are noted. Lift, drag, and pitching moment coefficients from the 
NTF are all slightly lower than those from the ONERA test. Over the angle- of- attack range investigated, lift 
coefficients are on the order of 0.01 to 0.02 less than in the ONERA data. It is generally thought this relatively 
small difference would be accepted as reasonable in a wind tunnel- to -wind tunnel comparison, especially with the 
tests being conducted approximately 17 years apart. The wing pressure data at design C L , shown at four spanwise 
stations in Fig. 7(b), are also in relatively good agreement. While the inboard pressure distributions match quite 
well, some differences are found on the forward part of the outboard portions of the wing, on both upper and lower 
surfaces. The outboard NTF data indicate a higher pressure differential over the forward portion of the wing than 
that indicated by the Onera data. These small variations however, could be attributed to the slight difference in lift 
coefficient of about two percent between the two data sets. It should also be noted that some pressure orifices were 
not operational in one test or the other. 

The NTF pitching-moment coefficient (shown in Fig. 7(a)) is approximately 0.0015 below the ONERA value at 
-4° angle of attack; however, this difference is consistently reduced as angle of attack is increased, with the pitching- 
moment data matching the ONERA data at approximately 1.5° angle of attack. One possible explanation for this 
difference is the fact that a different type of metric to non-metric seal was used at the sting blade-to-fuselage 
interface. Since the center of the sting blade is approximately 18 inches aft of the model moment reference center, a 
difference in normal force at the blade seal of only 0.6 pounds could account for the maximum noted difference in 
pitching moment. Thus the noted pitching-moment difference would seem acceptable when such a small force at a 
relatively large distance could account for the variation. The previously mentioned pressure differences on the 
forward portion of the outboard wing correlate with the pitching-moment offset, and thus could also explain the 
difference. Another possible contributor to the NTF nose-down pitching-moment increment is the fact that the NTF 
sting blade is both longer and wider than the one used in the ONERA investigation. This could result in a lower 
pressure region around the NTF sting blade as the local flow must accelerate around this larger structure. This lower 
pressure on the upper aft end of the fuselage could in turn translate into an increment in nose-down pitching 
moment. 

When the drag coefficient data are compared there is a difference in minimum drag on the order of ten drag 
counts. This difference was more than one would expect, thus further investigation as to the reason why was 
pursued. Upon investigating corrections applied to the ONERA data, it was determined that a sting correction to 
axial force was being applied, whereas a sting correction to the NTF data was not available at the time of the data 
analysis. At the minimum drag coefficient, the ONERA sting correction increased drag by 11 drag counts. This 
correction applied to the ONERA data would then account for the offset noted in the drag coefficient data. 

Presented together in Fig. 8 are NTF and ONERA data for the Wing/Body/Nacelle/Pylon configuration. As 
expected the typical engine/airframe interference effects are well reproduced in the NTF. The longitudinal data, 
when compared to the Wing/Body configuration data of Fig. 7(a), show the addition of the nacelles and pylons 
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changes the character of the pitching moment, slightly reduces the lift curve slope, and results in minimum drag 
occurring at a higher lift-coefficient value. The accelerated flow on the underside of the wing at rj = 0.33 1 due to the 
presence of the nacelle and pylon is well captured in the pressure data from both facilities (Fig. 8(b)). Small 
differences in the overall wing pressure distributions are again likely attributed to the slight difference in lift 
coefficient between the two data sets. Outboard NTF pressure data again indicate a higher pressure differential over 
the forward portion of the wing. All NTF longitudinal data are still slightly lower than those from the ONERA test. 
In general however, the same facility comparison trends as noted above for the Wing/Body configuration are again 
present. 

B. Reynolds Number Effects 

Another goal of the current investigation was to extend the database from a Reynolds number of 3 million up to 
5 million such that an assessment of Reynolds number effects could be made. It is recognized this Reynolds number 
range is relatively small, in comparison to flight Reynolds numbers, thus Reynolds number effects may be limited. 
Data have been obtained at both 3 and 5 million Reynolds number for the Wing/Body configuration, and these data 
are presented together for comparison in Fig. 9. Upon examination of the lift coefficient data, it would appear there 
is essentially no Reynolds number effect. However, Reynolds number effects are clearly seen for both drag and 
pitching moment. 

In general, for a constant angle of attack, an increase in Reynolds number primarily leads to an increase in lift 
due to a thinner boundary layer and thus an increased effective camber of the wing. In the current data set however, 
with temperature being held constant at 40°F, increased Reynolds number comes along with increased dynamic 
pressure and in turn static aeroelastic effects. Aeroelastic effects due to the increased dynamic pressure at 5 million 
Reynolds number result in an increased nose-down wing twist, which would in turn act to reduce lift. Thus the lack 
of any noticeable Reynolds number effect on the lift coefficient data presented is likely due to offsetting Reynolds 
number and static aeroelastic effects. This trend of offsetting Reynolds number and static aeroelastic effects has 
been encountered in previous investigations in the NTF and is documented in Ref. 19. 

As Reynolds number is increased, a reduction in drag is noted, with this reduction being nearly uniform across 
the range of lift coefficient presented. This uniform reduction would thereby be attributed to a reduction in the 
viscous drag. At the point of minimum drag, the increased Reynolds number results in a 10-count reduction in drag 
coefficient. In addition, as Reynolds number is increased there is an increase in nose-down pitching moment, with 
this increment in nose-down pitching moment continuing to increase with increasing angle of attack. Wing pressure 
distributions at four spanwise locations are presented for both the 3 and 5 million Reynolds number conditions in 
Fig. 9(b). These data are presented for a nominal lift coefficient of 0.5, with the respective lift coefficients varying 
by just under 4 percent. The pressure data indicate a slight reduction in lift (reduced pressure peak) on the forward 
portion of the wing when Reynolds number is increased from 3 to 5 million, with the largest reduction occurring at 
the most outboard location. This would be consistent with the aeroelastic effects as described above and would 
support the expectation that static aeroelastic effects would cause the largest nose-down wing twist at the most 
outboard location. The slightly lower angle of attack for the 5 million Reynolds number data is also recognized as a 
possible factor contributing to the differences in the pressure data. 

Additional insight was obtained in regard to Reynolds number effects through the use of a new surface oil flow 
visualization technique at the NTF. As described earlier, a mixture of oil and fluorescent dye was applied to the 
wing in a thin coating with a paintbrush. The tunnel was closed, conditions were quickly set, and multiple images 
were captured with the wind tunnel camera systems. A 2-inch long row of chordwise and 1-inch long row of 
spanwise tick marks were placed on the inboard aft portion of the wing in a region of known separated flow to aid in 
assessment of the size of this separated flow region. A sketch illustrating the exact placement of the tick marks is 
presented in Fig. 10. 

Top-view images, presented in Fig. 11, and rear %-view images, presented in Fig. 12, show flow patterns on the 
wing for both 3 and 5 million Reynolds number conditions. Both sets of images are presented for a lift coefficient 
of 0.5. Due to the illumination of the fluorescent dye in the oil it is noted that light regions in the flow visualization 
images indicate the presence of oil and dark regions indicate the absence of oil. Careful examination of these 
images reveals multiple details of the wing upper surface flow patterns. The inboard flow separation region on the 
aft portion of the wing is clearly visible. The spanwise extent of the separated flow region appears to be very similar 
when the 3 and 5 million Reynolds number conditions are compared. Slightly more oil is in the separated flow 
region for the 5 million Reynolds number images, however this does not indicate a specific difference in the 
separated flow between the two Reynolds numbers. There does however appear to be a difference in the length of 
the separated flow region. The separated flow appears to begin further upstream at 3 million Reynolds number than 
it does for 5 million Reynolds number. Thus increasing Reynolds number delays the onset of the side-of-body flow 
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separation, as might be expected due to smaller boundary layer thicknesses on the wing and body respectively. It is 
also interesting to note evidence of the existence of a horseshoe, or juncture, vortex 20 " 22 on the wing beside the 
fuselage. This evidence consists of a dark region on the fuselage around the wing where most of the oil has been 
scrubbed off the fuselage (typical of a horseshoe vortex) and a region on the wing right at the side of the fuselage 
where most of the oil has again been scrubbed away. The surface flow patterns would indicate the vortex is either 
smaller or has less of an interaction with the wing upper surface as Reynolds number is increased from 3 to 5 
million. This is particularly evident right at the beginning of the separated flow region. 

Another effect of an increase in Reynolds number, as illustrated by the surface flow visualization, is a reduction 
in wing trailing-edge separation. This is seen in the images presented in Fig. 11 in a narrow area just outboard of the 
wing kink, and although difficult detect in the images presented, it also occurs to a lesser extent inboard of this 
point. The very narrow region completely void of oil right at the wing trailing edge and the larger region of pooled 
oil just upstream of it in the image for 3 million Reynolds number indicate a greater region of wing trailing edge 
separation when compared to the image for 5 million Reynolds number. Also evident in the flow visualization is the 
location of the shock on the forward portion of the wing at up to roughly 20-percent of the local chord, depending on 
span. The rear 3 A-view images (Fig. 12) were obtained with a higher resolution camera and therefore show more 
details within the side-of-body separated flow region. These images show evidence of the counterclockwise 
swirling of the flow in the side-of-body separated flow region that was easily visible when viewing the actual flow 
visualization pattern formations during the test. Although difficult to see in these images, there is also evidence of 
flow separation on the side of the fuselage near the wing trailing edge at both Reynolds numbers. One final point of 
observation is the streaks in the oil flow pattern that extend downstream from each of the trip dots. These streaks 
help to provide an indication of local surface flow direction. 

C. Comparison of Wing/Body and Wing/Body /Fairing Configurations 

Another important part of the investigation was to assess the effects resulting from adding the FX2B side-of- 
body fairing. This fairing was specifically designed to eliminate the known side-of-body separation just addressed 
in the previous flow visualization images. An illustration showing the shape and position of the FX2B fairing 
installed on the DLR-F6 model is presented in Fig. 5. Longitudinal force and moment and wing surface pressure 
data are presented for both the Wing/Body and Wing/Body/Fairing configurations in Fig. 13. Upon examination of 
the force and moment data, the addition of the fairing is shown to produce a reduction in lift, a reduction in drag, and 
a nose-up increment in pitching moment. The reduction in lift coefficient is on the order of 0.017 at the lowest angle 
of attack, with this increment being reduced slightly as angle of attack is increased. Part of this lift reduction would 
likely be due to the fairing now covering a portion of the wing. The portion of the fairing covering the aft part of the 
wing would in turn account for an increment in nose-up pitching moment. The drag reduction indicates the desired 
effectiveness of the fairing in reducing the extent of the separated flow region. In the region of minimum drag, the 
addition of the fairing results in a reduction in drag on the order of 3 counts. This same drag increment generally 
holds across the angle- of- attack range investigated, although there is slightly more variation in the drag data at the 
higher angles of attack. 

An assessment of the wing pressure data helps to provide further insight as to the causes for the nose-up 
increment in pitching moment. To aid in the evaluation of the fairing influence, pressure data are presented at the 
four most inboard span stations for both configurations (Fig. 13(b)). These data indicate effects of the fairing can be 
seen out to the second row of pressure orifices; however, effects beyond that, if any, are minimal. The presence of 
the fairing is shown to create an increased flow velocity over the first 2 5 -percent of the wing upper surface at the 
first two span stations. This effect would produce an increment in nose-up pitching moment. At the first two span 
stations it is also noted that the presence of the fairing produces a lower pressure region along most of the wing 
lower surface. This is not unexpected since the fairing effectively increases the size of the fuselage along the entire 
undersurface of the wing (see Fig. 5). This effect would in turn account for the small reduction in lift coefficient. 
The largest effect of the fairing on the pressure data is seen on the aft end of the most inboard pressure row. A 
reduced pressure on both the upper and lower surfaces indicates the effectiveness of the fairing in eliminating the 
separated flow region. These pressure data also indicate a small reduction in lift, which due to the aft location 
would provide an increment in nose-up pitching moment. 

Surface flow visualization images illustrating the effects of the side-of-body fairing are presented in Figs. 14 and 
15. These images are all presented for a Reynolds number of 5 million and a lift coefficient of 0.5. Images for the 
Wing/Body configuration are presented again in part (a) of these figures such that an easy assessment of the effects 
of adding the fairing can be made. Both the top-view and rear %-view images clearly show the effectiveness of the 
fairing in eliminating the side-of-body separated flow region. Smooth attached flow over the top of the fairing is 
easily visible. Also noted is the effect of the side-of-body fairing on the wing-body juncture flow. The wing-body 
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juncture vortex is clearly influenced by the presence of the side-of-body separation region on the Wing/Body 
configuration. In this case the juncture vortex may be lifted away from the wing surface, or pushed outboard, or 
both, when it comes in contact with the separated flow region. It may also be partially or fully absorbed into the 
separated flow, but in any case, once the separated flow region is encountered, the juncture flow interaction with the 
wing is changed. When the fairing is added the juncture vortex is pushed outboard around the edge of the fairing, 
but stays well defined and in contact with the wing surface. Some evidence of a secondary juncture vortex, even 
further outboard, is also noted. These flow observations would suggest that future off-surface flow visualizations or 
velocity measurements could add significant insights into the wing-body juncture flow details both with and without 
the wing-body fairing. 

D. Data Repeatability 

When data are obtained in any experimental investigation it is important to make an assessment of data accuracy 
or data repeatability. In order to make such an assessment for the current investigation, multiple repeat runs were 
obtained for both the Wing/Body and Wing/Body/Fairing configurations. To obtain the most reliable assessment of 
data repeatability it is best to have the repeat runs distributed widely throughout the duration of the investigation. 
Unfortunately this process is usually in conflict with an efficient execution of the test plan. Keeping these thoughts 
in mind, the following sets of repeat runs were obtained. Two series (sets of runs) were conducted for each 
configuration, with each series consisting of 12 individual runs at multiple test conditions. Within each series, 3 
runs were obtained at = 0.75 and Rc = 5 million. Each of these 3 runs were always separated by at least one run 
at a different test condition. When a series was complete, the tunnel was opened, the model was inspected to ensure 
nothing had changed, and then the series was repeated. This resulted in 6 repeat runs for the Wing/Body 
configuration and 6 repeat runs for the Wing/Body/Fairing configuration at our condition of interest, JVU = 0.75 and 
R c = 5 million. The repeatability data resulting from these runs are presented in Fig. 16. Delta coefficient data are 
presented versus angle of attack for both configurations. The delta coefficient data presented represent the 
difference between the coefficient value measured and the average value of the coefficient at that particular angle of 
attack. These delta coefficient, or residual, data show the level of variation in the repeat runs. The dotted lines 
shown on each plot indicate the 3 -sigma limits based on all the data across the angle-of-attack range. Thus it is 
shown that essentially all the residual data fall within the 3 -sigma limits. 


IV. Summary 

Refurbishment of the DLR-F6 model along with the fabrication of a new blade sting have led to the successful 
completion of a wind tunnel investigation in the National Transonic Facility in a joint effort between NASA and 
DLR. Data have been obtained at chord Reynolds numbers of both 3 and 5 million for the Wing/Body and 
Wing/Body/Fairing configurations. Data have also been obtained at a chord Reynolds number of 3 million for the 
Wing/Body/Nacelle/Pylon configuration. Force and moment, surface pressure, and surface flow visualization data 
have been presented. Comparisons have been made between NTF and previously obtained Onera S2MA wind 
tunnel data. Reynolds number effects and the effects of a side-of-body fairing have also been assessed. 

1) Results have shown a reasonably good correlation of NTF data with Onera S2MA data once a sting 
correction has been accounted for. 

2) Increases in chord Reynolds number from 3 to 5 million have been found to slightly delay the onset of the 
known side-of-body separation and also to reduce a short length of separated flow on the upper surface of 
the wing at the trailing edge. 

3) The side-of-body fairing effectively eliminates the original separated flow region and appears to reposition 
vortex flow in the wing-body juncture region. 

4) A newly developed surface oil flow visualization technique at the NTF has effectively shown detailed 
insights into the wing-body juncture and separated flow regions. This in turn would suggest a future off- 
body flow investigation would provide an enhanced understanding of these flow characteristics. 
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Figure 1. Aerial view of the National Transonic Facility. 



Figure 2. Sketch of the National Transonic Facility tunnel circuit. Linear dimensions are given in feet. 
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Figure 3. Three- view sketch of the DLR-F6 model. Dimensions are given in inches. 



Figure 4. Photograph of the DLR-F6 model mounted in the test section of the National Transonic Facility. 
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Figure 5. FX2B side-of-body fairing installed on the DLR-F6 model. 



Figure 6. DLR-F6 model components. 
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b) Wing surface pressure data. 

Figure 7. Comparison of NTF and ONERA data for the Wing/Body configuration. 
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b) Wing surface pressure data. 

Figure 8. Comparison of NTF and ONERA data for the Wing/Body/Nacelle/Pylon configuration. 
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Figure 9. Reynolds number effects for the Wing/Body configuration, NTF data only. 
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Figure 10. Details of tick mark layout for flow visualization. Dimensions are given in inches. 


16 

American Institute of Aeronautics and Astronautics 

092407 



a) R c = 3 million. 



b) R c = 5 million. 

Figure 11. Surface oil flow visualization on the Wing/Body configuration, C L = 0.5, top inboard view. 
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a) R c = 3 million. 



b) R c = 5 million. 

Figure 12. Surface oil flow visualization on the Wing/Body configuration, C L = 0.5, rear 3 A view. 
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a) Wing/Body configuration. 



b) Wing/Body /Fairing configuration. 

Figure 14. Surface oil flow visualization showing the effects of the FX2B fairing, C L = 0.5, top inboard view. 
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a) Wing/Body configuration. 



b) Wing/Body /Fairing configuration. 

Figure 15. Surface oil flow visualization showing the effects of the FX2B fairing, C L = 0.5, rear 3 A view. 


21 

American Institute of Aeronautics and Astronautics 

092407 


Dotted lines indicate 
3-sigma limits based 
on the residual data 



Series 

Rc, x10 

o 

6 

5.00 

□ 

6 

5.00 

O 

6 

5.00 

A 

7 

5.00 

tv 

7 

5.00 


7 

5.00 


.006 

.004 

.002 

AC|_ 0 

-.002 

-.004 

-.006 

.0004 

.0002 

ACd o 

-.0002 

-.0004 

.0012 

.0006 

ACm 0 

-.0006 

-.0012 


: - - 


— 

— 

"□ 

— 


— 



1 

i- " 

3 

- 


o 



1 

O 


30 

o 

A 


- C 

!$! 



l 1 

i , 

L V4 

^ A 

i 

\ ' 



1 < 
t 

O* 

> 

a n 

) 

c. 

: E 

r \ 

i 

□ [ 

'fi 



1 i 

1 



<&!> 



: 




i | 



V 

□ { 


i 

s 










1 



■ 1 1 1 

n 1 1 

1 1 1 1 

1 1 1 1 

■ 1 1 1 

n 1 1 

■ n i 

1 1 1 1 

1 1 1 1 

mm 

mi 

1 1 1 1 


” 












E 












\ - ■ 


— 



— 


— 


5 " 1 

>" "l 


E < 

: f 

( o < 

1 h l 


Si 


Lj 


lf < 

L 




n 

rtn 

MM 

[5j 

s 

3 

o 1 

3& 1 

“! 

n 

3 0 | 

*w< 

) 









J 




: 










" "l 

" " 

: 












-tin 

n i i 

■ 1 1 1 

1 1 1 1 

l l l l 

1 1 1 1 

1 1 1 1 

1 1 1 1 

1 1 1 1 

1 1 1 1 

■ 1 1 1 

1 1 1 1 


- 












- 
























I r 



K. 






'I N 

0 < 

> 

: t 

I&i 

M 

) Q ( 

h 


$ 


>g! 

ft; 

>nj 

ill 


: L 


A 

>x< 



rn 

h 

r 

W 

i 


C 

IA 

\ r 

Di 

i [ 




y 


LA 
















- " " 












111! 

Mil 

1 1 1 1 

1 1 1 1 

-LLLL 

Mil 

-LLLL 

-LLLL 

-LLLL 

-LI 1 1 

-LLLL 

1 1 1 1 


-4.0 -3.0 -2.0 -1.0 0 1.0 

a, deg 



Series 

R c , xIO' 6 

O 

4 

5.00 

□ 

4 

5.00 

O 

4 

5.00 

A 

5 

4.99 

L 

5 

5.00 

b 

5 

5.00 



“ 











E 











: " ’ 

□ 






□ 




E 

o > 

1 L 

1 □ C 

] a C 

]□ L 

*B jj 

ft 

i C 

' Qf 


i 

L° 

E 

si 

i 

[If 

[l\ 


[fi 

% 

•M 

\ <. 



E 








A b 


_A 

E 











~iiii 

■ 1 1 1 

■ 1 1 1 

1 1 1 1 

1 1 1 1 

■ 1 1 1 

■ 1 1 1 

1 1 1 1 

■ 1 1 1 

■ 1 1 1 

_U_L 



a, deg 


a) Wing/Body configuration. 


b) Wing/Body /Fairing configuration. 


Figure 16. Data Repeatability. 
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